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NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS

RESEARCH MEMORANDUM

EXFERIMENTAL AND THECRETICAL STUDY OF FACTORS INFLUENCING
THE LONGITUDINAL STABILITY OF AN ATR-TO-AIR
MISSILE AT A MACH NUMBER OF 1.4

By S. Sherman Edwards
SUMMARY

Approximate methods of analysis are gpplied to the estimation of
the normal force and piltching moment of the body and the wing—body and
tail-body combinstions of an alr-to—eir missile snd to the estimation
of the same cheracteristics of the complete configuration. The resulis
of the calculations are compared wilith experimentally determined normal
force and pitching moments for the missile model obtained at a Mach
number of 1.4k, at a Reynolds number of 1.26 million, based on the mean
aerodynamic chord of the wing. The experimental datas and the results
of the calculgtions are presented. for & ramnge of angle of attack up to
229, for angles of bank between 0° and 45° in 11.25° increments.

The comparison between calculated results amd the experimental data
shows that, for the missile investigated, the longitudinal stability and
normal-~force characteristics cen be accurately estimated. The methods
used are discussed in detall.

INTRODUCTION

The serodypamic design, of alr-to—gir missiles is primerily a study
of serodynamic interference effects. The properties of such missiles
ere no longer to g first order the sum of the aerodynamic characteris—
tics of the isolated wing and the isolated body plus small interference
effects as 1s the usual case for ailrplanes, Because of limitations
often placed on the span of the lifting surfaces, the wing span may be
less than twice the body diameter; and the resulting mitual interaction
of the flow fields of the wing and body results in interference forces
and moments of the same order of magnitude as those for the isolated
elements. !
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A further problem exlsts in the interference of taniem wing arrange—
ments. This problem has been present in ailrplene design but has become
more difficult for missiles because the span of the rear wing in some
cases is nearly equal to or larger than that of the forward wing. The
forces induced on the rear wing of a tandem arrangement and the moments
thereby provided have therefore become correspondingly more significant.
In addition, the necessity of attaining large lateral accelerations in
target—seeking msneuvers has led to the use of cruclform wings with
attendant complex wing-wing interference.

Recognition of this problem has led to many extensive theoretical
investigatione of interference problems which, because of the difficult
nature of the analysls, involve certain simplifyling approximations
(references 1 to 5). In all cases, the theoretical solutions are .
restricted to inviscid flow about wings and bodies at small incidence,
In some cases, & further limitation stipulating that the wing and body
conmbination is very slender is imposed on the theoretical results,
thereby restricting their usefulness.

A number of experimental investigations of missile interference
Problems have been made to assess the accuracy of the theoretical
studles. (See for instance references 6 and 7.) The results of these
investigations have shown in some cases that theory and experiment do
not correspond primarily because the limitations of the theory have
been exceeded, particularly in those cases involving viscous effects
and those concerned with large wing incidences which are of great
concern in missile design. The present investigation was umdertaken
for the purpose of extending the comparison between theory and experiment
to large angles of attack and to provide additional information and
methods of analysis for use in missile design., The present investige—
tion is concerned solely with the 1ift emd with the longitudinal sta—
bility of one particular missile configuration.

SIMBOLS
a body radius, feet
B body
[ meen aserodynamic chord of the exposed area of the wing,' feet
Cp pitching—moment coefficient about the model center of gravity

(based upon the exposed area of two wing panels and &)

( pitching moment )
aSwe

.-.-I!‘



NACA RM A51J19 SO N k. 3

Cn

°N

C
N
+B

=

Q

H

normael—-force coefficient (based upon the exposed area of two

wing panels) ( normaa]-. force

normal—force curve slope for isolated wing determined from

aCN
slender wing theory \ —=
. W

normal-force curve slope for wing in combination with cylin—
drical body determined from slender wing-body theory

. (30 Y
o /y4p _
normal—Fforce curve slope for lsolated wing obtalned either

9
from experiment or from lineaerized—wing theory (a%‘-

normal-force cu:mfé slope for wing in combina‘bion with cylin—

drical body <§Eﬂ>
o S4B

normal—force curve slope for a slender 'briangu.l'ar wing in com—
bination with a cylindrical body at 0° angle of attack and the

dc
wing deflected with respect to the body center line égyl)
W+B

tall root chord, feet

distence from wing trailing edge to center of tail root chord,
feet

strip loading per unit angle of attack in terms of the dynamic
' pressure

Mach nunber

dynamic pressure ( % pv2 >, pounds per square foot
radial distance from vortex center, feet

Reynolds number

wing semispan, feet

semispan of completely rolled-up vortices, feet

ST~
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- wing-body-tail combination with the tail surfaces rotated 45°
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tail semispan, feet *
exposed area of two wing panels, square feet

gross tail area in one plane (including area within body obtained
by extending trailing and leading edges of exposed tail)

isolated tail (obtained by extending trailing and leeding edges
of exposed portlon of the tail in combination with the body)

tail-body combination

induced velocity at any point in the flow fleld gbout a vortex,
feet per second . ) i -

free—stream velocity, feet per second ) U

component normal to the tall surface of the induced wveloclty
about a vortex, feet per second

isolated wing (obtained by extending trailing and leading edges
of exposed portion of the wing Iin combination with the body)

wing-body combination
wing-body—tall combination with the tall surfaces in line with
the wing surfaces
with respect to the wing surfaces
sngle of attack, degrees
effective tail angle of attack (o~ ¢'), degrees -
circulation

angle of incidence of a wing relative to the body axis, degrees

.downwash angle at the tall, degrees

. effective downwash angle at the tail (tall angle of attack in

a uniform streai glving the same 1ift as the integrated load—
ing due to ¢ obtained from strip theory), degrees

stream mass density, slugs per cubic Foot

angle of bank (positive in clockwise direction looking
upstream), degrees

RO



NACA RM A51J19 W 5

APPARATUS AND TESTS

The experimental portion of the present investigetion was con—
ducted in the Ames 6= by 6—foot supersonic wind tumnel at a Mach number
of 1.k, This wind tunnel 1is a closed—return, variable pressure, super—
sonic wind tunnel in which the Mach number mey be varied continuously
while the tunnel is in operation. A complete description of the wind
tunnel and an analysis of the stream characteristics are given in ref—
erence 8. The angle of attack in the present tests was varied in the
horizontal plane in order to utilize the most uniform stream conditions.

Model

The model tested (figs. 1 and 2) consisted of a crucilform arrange—
ment of 1ifting surfaces mounted on a pointed, cylindrical body having
a fineness ratio of 16. The forward surfaces of the cruciform wing
were of triangular plan form with the leading edges swept back 60°
giving an aspect ratio of 2.3l. These surfaces had symmetrical, double—
wedge alrfolls which were 2.90 percent thick at 62.01l percent of the
streanwise chord. Each panel was hinged at a point 43 percent of the
mean aerodynamic chord. For the present series of tests, the forward
surfaces were undeflected with respect to the body center line. The
gap between the body and each wing panel was aspproximately 0.016 inch
or asbout 1/10 percent of the wing span.

The tall fins also were of trianguler plen form with leading edges
swept back 45° giving an aspect ratio of L. ,The tall fins also had
symmetrical, double-wedge alrfolls with the maximm thickness of
3.02 percent, occuring at 50 percent of the streamwise chord. The taill
fins were fixed to the body at zeroc incldence.

The model was constructed of steel according to the dimensions
glven In figure 1 and teble I and was designed to permit tests of the
body alone, body plus wing, body plus tall, or the complete configura-
tlon. The complete configuration was tested with the tail interdigi-—
tated (tail rotated 45° with respect to the wing) and with the tail in
line with the wing.

Support

The model was supported from the rear with a bent sting which was
mounted as a centilever beam on the cross—stream menmbers of the support
structure. The relative motion of the two cross—stream beams in com—
bination with the bent sting permitted a test angle—of—ettack range of
—12° 4o 22° except in cases where strength limttations would be
exceeded.

Sovenpunall
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Mea sureme_nt 8

The aerodynamic forces and moments on the model were measured by
means of a six—component electrical strain—gage balance located within
the cylindrical portion of the body of the model. The unbalance of the
electrical circuits of the strain—gage balance, due to the application
of loads, was measured by recording light-beam galvanometers. The
entire mechanical~electrical system of the balance was calibrated by
applying known forces and moments to the model.

The forces acting on each individual panel of the forwerd variable—
incidence wings, which provide longitudinal end lateral control, were
measured by flexure type, strain—gage balances in plenes perpendicular
and perallel to the axls of the model. The moment of these forces about
~ the hinge axis of each wing panel also was measured.

The pressure at the base of the model was determined through the use
of the liquid manometer commected to three orifices in the model base.

During the experimentel tests, the angle of attack of the model
"was varied between —12° and 22° except in those ingtances where the
strength lLimitations of balance and support reduced the maximum angle.
The tests were run at angles of bank between 0° and 45° in 11.25° incre—
mente. These angles of bank are representative of the complete bank—
angle range of the missile in flight because of the four planes of
symmetry. To obtain these angles of benk, the model was rotated with
respect to the balance. Therefore, for all tests the forces presented
are those occurring in the plane in which the angle of attack was varied
or in a plane 90° to this plane. In these tests, therefore, the model
condition was always noted as an angle of attack in the plane in which
the model incidence was variled and an angle of bank of the model wings
relative to this plane, the angle of bank considered positive for clock—
wise rotation as viewed from the rear.

Precisiori

The accuracy of the experimental data was calculated by consider—
ing the sources of possible errors in the determination of the aero—
dynemlc forces, angle of attack, and stream characteristics., The square
- root of the sum of the squares of the maximum possible errors involved
in the determination of a quantity was taken as the final uncertainty
in the measurements of the quantity. The final uncertaintlies at three
angles of attack are as follows: . : :
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Uncertainty for . . Uncertainty for
Quantity a = 0° a = 10° to 20°
Cx +0,0015 _ +1 (percent of measured value)
Cpy +.002 +2 (percent of measured value)
a4 . 1‘5o +,1°
M .01 .01
Re .03 million . .03 million

The percentage errors in pitching moment are larger than the
errors in normal force because of the numerically smaller values of
the pliching-moment coefficlent as compared to normal-—force coeffi—
clent and because of the fact that errors in normal force are reflec—
ted in the pitching moment upon trensferring the moments to the center—
of-gravity position. A precise determination of the angle of attack
is dependent in a large part upon an accursgte locabtion of the center of
pressure of the 1ifting forces on the model. Near 0° angle of attack,
the center—of—pressure position was less accurately known than at
higher angles of attack. For this reason, in eddition to the fact that
the clearances in the six—component balance were such that the model
was free to move on the balance spproximately i0.1°6 the uncerteinty
in the angle—of—ettack measurements is larger near 0 angle of attack
than at higher angles of attack.

The six—component balance was bench calibrated bBefore the tests
and was calibrated pericdically in the wind tummel with the model in
place, From a total of slx such calibrations, the maximm deviation
from a mean value in the case of the normal force was 0.9 percent and
+1.2 percent for the moment gage. ' '

The elastic deformation of the cruciform wing amd tail surfaces
was recognized as g possible source of error in the wind—-tunnel results.
Because the leading edges of the wing and tall surfaces were swept
back, asroelestic effects could result in reduced wing amd tail 1lift—
curve slopes. Consequently, calculabions were made to find the per—
centage loss in 1ift from that of completely rigid surfaces which could
be expected in the present series of tests, The calculstions were
based upon the theory of reference 9. The results 1ndicated that the
loss in 1lift for the wing was less than 0.1 percent; the loss for the
talil was sbout 3.5 percent.
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RESULTS AND DISCUSSION

As was noted previously, the asrodynamic characteristics of air-
to—air missiles are determined to a large extent by the wing—body and
wing-wing interference effects. The present investigation is concerned
with these effects with the view toward developing methods for deter—
mining the contribution of the interference to the over-all longitudi-—
nal stability of the missile, For this purpose, it is desirable to
subdivide the experimental investigation of the complete missile into
a-number of investigations of isolated elements and simple combina—
tions of these isolated elements, In the present experiment, since
sufficient experimental and theoretical information is available on the
wings used for the model, the only isolated element investigated was
the body of the missile., The experimental investigation therefore was
subdlvided as follows:

Investigation of the isolated body

Investigation of the wing-body combination

Investigation of the tail—body comblnation

Investigation of the ccmplete wing-body—tail missile config—
uration

2w N

In the interest of brevity, the analysis of the experimental data
obtained 1s confined to representative cases. The graphical data
presented, therefore, are also confined to these cases, The complete

. experimental results are presented for the reader's use in table II,
Throughout this report, the normal—force and pltching—-moment coeffi—
cients, unless otherwise noted, are based on the exposed area (area of
the wing lying outside the body) of two wing panels and on *he mean
aerodynamic chord of the exposed wing. The use of coefficients so
determined applies to the body characteristics as well ss the other com—
binations tested, primerily because of convenlence in comparing the
contribution of the various elements to the longitudinal stabllity of
the complete configuration of the missile.

All pltching moments are referred to a center—of—gravity position
at 59 percent of the mean aerodynamic chord (body station 29.142 as
shown in fig. 1). All tests were conducted at a Reynolds number of
1.26 million based on the mean eserodynamic chord.

Isolated Body

The asrodynamic forces and moments acting on the isolated body at
an sngle of attack, which contribute to the longitudinal stability, can

be considered to originate from the following sources:

RN TN s
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1. The normal force on the body due to the unseparated potential
flow

2. The normal force associated with the separation of the cross—
flow boundary layer (reference 10) on the inclined body

The normal forces on the body were determined experimentally
through a range of angles of attack up to 22_°. These experimental
results, together with the pitching-moment coefficients which were also
measured, are presented in figure 3 where they are compared with cal—
culated values based on potential—flow theory and on ths viscous cross—
flow theory of reference 10.

It is evident, from a study of figure 3, that the potential—flow
theory originally c'ieveloped by Munk (reference 11) inadequately predicts
the magnitudes of the normal force on the body except for small values
of angle of attack. The theory of reference 10, referred to as viscous
cross—flow theory, is in much better asgreement. It should be noted
that the theory of reference 10 includes both the potential cross—flow
Porce on the body as determined from Munk'!s theory which 1ls confined
to that portion of the body which is increasing in slze, and the viscous
cross force, which 1s associated with the two-dimensional drag of the
body cross sections in g cross—£flow velocity of V sin aw. The viscous
cross—flow theory overestimates to a smgll degree the magnitude of the
normal force up to asbout 18° angle of attack at which angle the slope
of the experimental normsl--force curve increased and the normal forces
gpproached those predicted by the viscous theory. The fact that cal—
culated values of the normsl-force coefficlient were somswhat larger
than measured values may have been due to an attenuating influence of
favoreble pressure gredients on the body nose (reference 12), therefore,
less separstion masy have occurred in this region than the theory
assumes. At 18° sngle of attack, the cross—flow Mach mumber is 0.42 at
which value, according to figure 9 of reference 10, further Iincresases
in cross Mach number are accompenied by significant increases in cross—
drag coefficient., The effects of cross Mach number upon the cross—drag
coefficient were included in ths theoretical results glven in figure 3.
The meximum cross Reynolds number reached at 22° angle of attack was
0.23 million at & cross Mach number of 0.53.

In the range of angles of attack betwsen 0° and 14°, pitching-
moment coefficients for the body alone calculated using viscous cross—
flow theory closely gpproximgte measured values. At angles of attack
greater than lli- the slope of the experimental pitching-moment curve
firet increased a.nd then, at angles of attack greater tham sbout 18°,
the pltching-moment coefficients decreased sharply with increasing
angle of attack.

In summary, the theory of reference 10 is considered as being of

sufficient accuracy to predict the normal forces and pltching moments
on the isolated body in the angle—of—attack range up to 20°,

_ AR
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Wing-Body Combination

The aerodynamic forces and moments on 'bhs inclined wing—‘bod.y com—
binsgtion can be subdivided as follows:

1. The forces and moments contributed by the body alone
2, The forces and moments contributed by the isolated wing
3. The forces and moments due to wing-body interference

In the previous section, the serodynamic forces and momenits of
the missile body were discussed, and it was shown that the theory of
reference 10 gives a close approximation to the experimentally deter—
mined forces and moments, Additional experimental and theoretical
studies of the 1ift and moment of triangular wings are availsble (ref—
erences 6, 13, 1k, and 15) for the estimation of the contribution of
the isola.ted. wing

The megnitude of the interference forces and moments is shown by
the comparison in Pigure 4 wherein the experimentally determined forces
and moments are glven as fumctlions of the angle of attack and are com~—
pared with the algebralc sum of the forces and moments on the isolated
elements of the combination as obtained from the present tests of the
body end previous tests of a triangular wing of similar thickness (ref—
"erence 13), appropriately corrected for aspect ratio (reference 11),

It will be noted that the wing-body interference is of significant _
magnitude, amounting to a reduction of about 15 percent in the normal
force at all angles of attack and a stabilizing effect on the pitching
moments equivelent to a movement of the center of gra.vity equal to

k percent of the mean serodynemic chord, At the present time, a com—
plete theoretical treastment of the interference phenomens does not
exist, The theory that does exlist is concerned primarily with the
interference between the wing and only that portion of the body forward
of the wing treiling edge. It is necessary therefore, to treat the
estimation of the forces and moments on the wing-body combination in a
somewhat approximate menner. The results obtained are also shown in
figure 4 and the agreement between the approximate theory and the
experiment is found to be quite satisfactory.

This approximate anglysis of the interference effects is based on
the following considerations:

The forces and moments on the portion of the body ahead of the
wing léading-edge Juncture are unsltered by the addition of the wing.
The presence of the portion of the body adjacent to the wing is con—
sidered to influence the aerodynamic forces and moments on the combina—
tion in the same menner as the superposition of an infinite cylinder of
equal dismeter on the isolated wing. The forces and moments on the

GONEEREND Ay,
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portion of the body lying behind the wing 'braiiing edge were estimated
and found to be insignificant for the present casse,

As was mentioned previously, the study of body 1lift of reference 12
indicates that there 1s an attenuating influence of the sxial growth of
the body nose cross section on the pressure distribution with the net
result that the viscous cross—flow forces are not fully developed for
this portion of the body., For this reason, the contribution of the nose
section of the body to the aerodynhamic forces was estimated as being that
due to potential flow only.

The contribution of the wing to the forces and moments of the
wing-body cambination was determined by the method of reference 1. The
theoretical considerations of referencé 1 are concerned with the gppli-—-
cation of slender wing—body theory to the estimation of the forces
acting on a wing-body combination. The use of slender-body theory per—
nits the reduction of a difficult three-dimensional—flow problem to
one of flow in two dimensions sbout infinitely long cylinders having
cross sections which correspond to those of the wing-body combination
at various statiomns. This simplification of the problem, however,
results in a restriction of the applicability of the results to wing—
body combinstions lying well inside the Mach cone. The results of the
theory, however, cen be applled to the 1ift of other wing-boly combina—
tions by -the method used in reference 6, which, in essence, states that
the ratio of the lift-—curve slope of a wing in comblnation with an
infinite cylindrical body to that of the wing alone as obtained from
slsnder-bhody theory may be applied to wings of any aspect ratio. This
approach may be stated as follows:

CN,

I+B % _
= X0y =0y - (1)
CNW % OLW+B

wherein the quotient of the coefficients refers to values determined
from slender wing-body theory. This quotient is muitiplied by the
coefficient noted as cNan as determined for the.wing either from

experimental investigations or from linearized wing theory.

The calculation of the pitching moment of the wing—body combina—
tion is also based on the results of reference 1, since both slender—
wing theory and linearized-wing theory show the center of pressure on
& triangular wing to be located at the center of area, 66.6 percent of
the root chord behind the apex of the wing. The theory of reference 1
indicate6 a rearward movement of the center of pressure to a point at
Tl percent of the root chord due to the addition of a body. This value

GO TN
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was used in an estimation of the contribution of the wing plus inter—
ference forces to the pitchi:;g moments on the wing-body combination.

In summary, the comparison of figure 4 shows ‘that both the normal
force and pitching moment determined by the foregoing methods give a
very close approximation to the experimentally determined normal forces
and pltching moments on the wing-body combination.

The comparison was made for various angles of bank since 1t was
shown in reference 16 that the analysls applies to all angles of bank.
The dats indicate that, in the present tests, the normal force and
pitching moment are invariant with bank aengle.

The method used for the analyeis of the characteristics of the
wing-body combination mey be used for other triangular wing-body combi—
nations. It may be necessary to calculate the contribution of the
portion of the body behind the wing trailing edge for wings of higher
espect ratio for which the downwash velocities behind the wing are
small encugh to result in significant cross—flow forces on this portion
of the body. Some remarks about this problem are given 1n reference 17.

Tell-Body Combinsation

The asrodynamic forces and moments on the inclined teil-body com—
bination, as in the case of the wing-body combination, can be divided
into the following:

1. Thes Fforces and moments on the isolated body
2., The forces and moments on the isolated tail .
3. The forces and moments due to tall-body interference

The magnitude of the interference effects for the tall-body com-—
bination is shown by the data of figure 5 wherein the experimentally
determined forces and moments for various angles of bank are compared
with the sum of the forces and moments for the isolated elements. The
aerodynamic characteristics of the body are those determined in the
present investigation while those for the tail were taken with appro—
priate conversion from reference 18 which gives experimental data for
an aspect ratio 4 trienguler wing, 3 percent thick in streamwise
section, geometric characteristics which are very nearly identical to
those of the tail of the model of the present experiment. It will be
noted that the experimental pitching moments of the isolated components
vary nonlinearly with angle of attack. This characteristic is assocla—
ted primarily with the reduction in tail lift-curve slope with angle of
attack shown in reference 18, The comparison of figure 5 shows the
interference normal force amounts to 12 percent of the sum of the
normel forces contributed by the.dseiesedegsomponents at 20° angle of

Ol L
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attack while the interference pitching moment amounts to 26 percent.
The interference reduces the magnitude of both the normal force and
pitching moment.

The analytical evaluation of the serocdynamic forces and moments
for the tail-body conmblnation requlres, ss ln the case of the wing—
body combingtion,considerable approximastion as follows:

The forces and moments on the portion of the body ahead of the-
tail leading-edge Juncture are unsltered by the addition of the tail;
therefore, the body normal force and pitchlng moment were calculated
by applying the viscous cross~flow theory of reference 10 to the body
ehead of the tail leading-edge juncture. The presence of the portion
of the body adjacent to the tail is comsidered to Influence the asro—
dynemic forces and moments on the combination in the same manner as the
superposition of an infinite cylinder of equsal diameter on the isolated
tail.

The contribution of the tail plus the portion of the body adjacent
to the tail to the normal force and pitching moment may be analyzed by
ntilizing slender wing-body theory, with appropriate corrections to
account for the fact that the tail cannot be considered slender, as was
done in the case of the wing-body combination. However, an additional
refinement is necessary.

It will be.recalled that in the snalysis of the body characteris—
tics (reference 10) the Flow aroumd a body of revolution at large angle
of attack was shown to exhibit separation characteristics essentially
the same as those for a cylinder placed at right angles to a stream of
velocity V sin «. The pressure distribution arowmd the perivhery of a
cross gsectlon of the body is nearly identical, therefore, with that for
the cylinder at right angles to the stream. Experiments show that when
the flow arocund a cylinder experiences separation, the local peak veloc—
4ty on the cylinder falls considerably below that for unseparated flow.
To facilitabte computetion it might be assumed that the body upwash in
the plane of the tail is reduced in like proportion. This assumption
1s probebly satisfactory provided the ratio of tall span to body diameter
is not too large. It 1s, however, not permissible to utilize the wing-
body interference results of reference 1 to calculate the tail-body
interference for large angles of sttack since for this combination
viscous effects must be considered. It is possible, however, to make an
approximation by evaluating the effects of body upwash on the tail-dbody
interference as follows: .

The slender wing-body theory of reference 1 gives the normal—force—

curve slope for a slender triangular wing in combinstion with an infinite
cylindrical body and inclined as s unit as

ot
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. e

CNQW a2 2

TW+B

a2 -(:-%) e
GW E

where a 1s the body radius and s i1s the wing semispan,

Similar, as yet unpublished, work by Geynor Adems of the Ames
Laeborstory for the wing inclined and the body at zero incidence gives _
the normal-force—~curve slope as ) o

g [(o5) wte-eger(800)] o

where & vrefers to the wing Incldence relative to the body axis. It
should be noted that the coefficients in equations (2) and (3) are based
upon the area of the isolated wing (W).

The normsl Fforce on the tail and the portion of the body adjacent
to the tail will be obtained from the results given by equation 2 and 3.
To teke into account the viscous cross flow in the present case, a - S
value of the body upwash velocity equal to 0.4 V sin a was chosen
besed upon the:experimental results of Zahm in reference 19. In appli-—
cations in which the tail aSpect ratio and cross Reynolds number dlffer
markedly from the present tests this numerical value may have to be
ad justed. The effects of the reduction of body upwash on the normal—
force~curve slope then wes written as

CN GN'5 CN . ) -,
- %r4B _ 4B | o 4 S4B (%)
°N, CNGT ) '

CN :
ap -

where the coefficients in this case are based upon the area of the lao—
lated tail (T).

The normal-force interference ratio with viscosity effects included
(primed quantity of equation 4) has a value of 0,751 for the tail-body
conbination instead of 0.875 (unprimed ratio) as given by equation 1.
The epplication of this factor to the experimental results of ref—
erence 18, sppropriately corrected, permits the evalustion of the
normael force contributed by the tail in the presence of the body.

The moment gbout the center of gravity was calculated by assuming
the normal force acts at a center of pressure.calculated in the samse
manner as for the wing-body combination in the previous section.

A comparison of the normal force and pitching moment for the tail-— "

body combination computed. as outlined sgbove shows satisfactory agreement
with experiment in figure 5 for various angles of bank.

SRR AL - ' _
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Another method of treating the tail-body interference may be devel—
oped by assuming that the upwash flow fleld in the vicinity of the body
for the case of viscous crogs flow 1s equivalent to the flow field aboubt
an elliptic cylinder of minor exis equal to the diameter of the cross
section of the misslle body. The major axis of the elliptical cylinder
is taken as the distance in the cross—flow plane from the bottom of the
missile body to the horlzontal streamvise plene which contacts the for—
ward portion of the inclined missile body. With the dimensions of the

elliptical cylinder so determined, the results of Nomweller (reference 20)

presenting interference ratios for wing—elliptical-body comblnations may -
be applied.

It is noteworthy that the interference ratio obtalned by substi—
tuting the flow field about an elliptical cylinder in inviscid flow for
the flow field of the circular cylinder in viscous flow agrees closely
with the results of equation (4) for the present model at large angles
of attack. This method also tends to adjust for the effect of reduced
cross-flow separation at small angles of attack.

Complete Confliguration

The longltudinal stability of the complete conflguration of the
missile mey be treated by subdividing the serodynamic forces and moments
a8 Pollows:

1. The forces and moments contributed by the wing-body combinsation

2. The forces and moments contributed by the tail-body combinstion

3. The forces and moments contributed by the interference between
the wing in combination with the body and the taill in com—
bination with the body

In the foregoing sectlions, it has been shown that the asrodynamic
forces snd moments acting on the wing-bhody conmbination and on the tail—
body combination can be estimated with satisfactory accuracy. For the
complete missile, therefore, the interference resulting from the loads
imposed on the tell by the induced flow fleld of the wing and body 1is of

primary concern.

The interference effects assoclated with the downwash field of the
wing and body are shown in figure 6, which presents experimental normal—
force and pitching-moment dats obtained for the complete missile con—
figuration at a Mach number of 1.4 for representative angles of bank,
and compares the data with the sum of the contributions of the isolsated
wing-body and the tail (including boiy—ball interference effects). A
study of the data of parts (a), (b), and (¢) of Pigure 6 shows that
serious nonlinearities are introduced into the pitching—moment curves
through the influence of the downwash field of the wing. The inter—
ference effegts are found to be most severe for the tall banked L5°

SONFETENET A —
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with respect to the wing panels (interdigitated position). For this
condition, the pitching-moment curves are nearly linear when the entire
missile is at zero angle of bank but become progr6551vely more non—
linear as the angle of bank is increased. A% h5 engle of bank, the
nonlinearities are so severe as to result in three angles of attack for
which serodynamic balance of the pitching moment is experlenced, a -
condition which is generally umdesirsble. When the cruciform tall sur-
faces are placed in line with the wing, the most sericus nonlinearities
in the pitching-moment curves occur at zero angle of bank, amounting to
a significant decrease in the slope of the pitching-moment curve with
angle of attack through zero angle of attack, It is evlident from the
foregoing that the downwash field from the wing introduces interference
pitching moments of & most serious nature.

Factors involved in estimating the flow field behind the wing-—
body combination.~ Recent theoretical asnd experimental studies of the

downwash field behind planar triasngular wings (references 21 and 22)
have shown that for all practical purposes the vortex sheet discharged
from the wing trailing edge is essentially rolled wup into two concen~—
trated vortex reglons for the tall position of the present model for
all but small angles of attack. Therefore, it was assumed that the
induced effect of the downwash field behind the wing upon the tail of
the present configuration could be analyzed by assuming that the vor—
ticity from the wing is rolled up into discrete vortices at the tall
location. The vortices were fixed in space by assuming them to origl-
nate on the wing trailing edge at approximately O, 8 wing semispan and
to lie in the stream direction. The disposition of the vortices so
determined is somewhat inaccurate, as is shown in reference 21; however,
these approximate positions were verified experimentally by the results
of reference 22, -

The epplication of these results to the estimation of the wing—
body downwash field in the present problem is subJect to some error
becemse of the following two factors:

1. The presence of the cylindrical body of the missile model
between the vortices discharged from two opposite wing panels will
influence the position of the vortices to some degree. A theoretical
estimate of the influence of the body (reference 23), in the present
case, shows a negligible influence of the body on the positioning of
the vortices in space becsuse of its smgll size relative to the wing
span, The influence of the body, however, may be significantly large
if the span of the wing in combination with the body, is much smaller
in terms of the body diameter than for the present case and may be of
greatest significance, for instance, for canard trimming surfaces. The
small influence of the body for the present wing-body combination is
shown by the experimentel results of reference 22, For further study,
reference 4 should be comsulted. :

eSO T DINTT MG
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2. Application of the results of reference 21, obtalned for
planar wings, to the cruciform wing of the model of the present investi-—-
getion for conditions in which both components of the cruciform wing
are lifting, will be somewhat in error due to the mutual interaction of
the four discharged vortices. This effect is discussed in a subsequent
paragraph.

Analysis of the contribution of the tail-body cambinetion in the
wing-body downwash figld.— The analysis of the pitching moment con—
tributed by the tall is confined to the following two most significant
cases:

1. The nonlinear pitching-moment varigstion with angle of attack
experienced when the tall 1s in line with the model wings,
and the model 1s at zero angle of bank

2. The nonlinear variation of pitching momen'b with angle of attack
experienced when the tail is banked 45° with respect to the
model wings (interd.igitated position) and the entire model
is benked 45°

The anslysis 1s confined to these cases in the interest of brevity.
The detalls of the procedurses used may have to be modified for other
engles of bank, -

! Tail in line, @ = O: In analyzlng the first case, tall in line
with wings and model at zero bank, the flow field in the region of
the tail is assumed to be that associated with two vortices originat-—
ing at the 0.8 semispan points of the wing snd possessing a cilrcule—
tion proportional to the experimental 1ift carried by the horizontal
wing of the cruciform arrangement. (The vertlical wing carries no 1lift
in thig case since it lies in the plane in which the model angle of
attack is varied.)

The tail position is sufficiently removed from the wing so that
the bound vorticlty in the wing does not influence the induced vel—
ocities at the tail. (See reference 2L.,) Each of the trailing
vortices, then, may be considered to extend to infinity in either
direction. The Induced veloclty at any point in the flow field due
to the two discharged vortices from the wing may be obtained from the
Biot—Savart Law. The loading on the tail in the induced velocity
field can be determined by (1) resolving the induced velocities at
points along the tall span to obtain the component of veloclity per—
pendicular to the tall surface, and (2) calculating the resulting
Induced normal forece,

The calculation of the induced vertical velocity at the tail

surface 1s simply a problem involving the geometry of the tail and
vortex arrangement., Flgure T shows a diagram of the geometric

‘J" R R
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considerations used in obtaining the relationship between the induced
vertical velocity and the angle of attack. The induced local angle
of attack of the tall surfaces can be obtalned as the ratio of the
induced vertical velocity to the stream veloclty. Because of the
two—dimensional nature of the flow in the region of the tall, the
induced flow angle is constant along any chordwise strip of the tail.
The resulting two-dimensional character of the flow used in the above
analysis is related to the fact that the rate of d.istc_br'ﬁion of the
vortex pattern with distance downstresm from the wing is very small.

The loading on the tall can be obtained by epplying kmown
methods for calculating the normal force of & planar wing in a non—
tniform stream. The methods availeble for various tall plan forms
are dlscussed in the appendix and the reader 1s referred to this
gection for further discussion. It should be noted that a precise
calculation of the loading on the taill and the portion of the body
ad jecent to the tall in the nonuniform flow fileld behind the wing—
body combination presents difficultles because of the interference
effects between the tall and the portion of the body adjacent to the
tail, To circumvent these difficulties in the present report,
recourse was made to the engineering practice of obtaining an effec—
tive downwash angle, €', by dividing the theoretical normal force on
the tail considered to be & planer wing in a nommiform flow field by
the normal—force—curve slope of the wing in a uniform stream. The
pitching moments supplied by the tall and the portion of the body
adJacent to the tall may then be obtained by utilizing the pltching
moment of the tail, in the presence of the body, as a function of

- angle of attack determined previously in the analysis of the talli-—.
body combination. The angle of attack to be used 1s, of course,
(e—€'), The pitching-moment characteristics of the complete missile
configuration can be obtained by simply adding the contribution due
to the tail in the presence of the body, determined es sbove, to the
pitching moments for the wing-body combirnstion at the desired angle
of attack, . ' .

The analytical results obtained as outlined gbove are compared
with the experimental pitching-moment variation with angle of attack
in figure 8. Examination of the data of this figure shows that the
enelytical method glves a satisfactory estimate of the variation of
pitching moment with angle of attack for thls condltion, tail in line
with the wing and the model at 0° angle of bank.

Tail interdigitsted, @ = 450: As was noted previously, data
obteined for the tail interdigitated with the missile at 45° angle of

bank show a marked nonlinear variastion of pitching moment with angle
of attack, The nonlinear character of the pitching—moment curve is
attributable to the complex nature of the interference of the cruci-—
form wing and tail arrangement, resulting from the presence of four

PEPPRVER L T
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regions of concentrated vorticity in the flow field. The contribu—
tion of the taill to the pliching moments may be determined snalyti-
cally in the same manner as was used for the case of the tail in line
and missile at zero angle of bank, although the geometric relstion—
ships involved in determining the components of induced velocity in
the reglon of the tall are somewhat more complex. A sketch of the
geometric errangement of the tall and the vortices discharged by the
wing is shown in figure 9. Although, in this case, both components
of the cruciform wing are lifting, the induced velocity in the flow
fleld may be snslyzed, to a first order, by comsldering two independ—
ent planar wing systems placed at right angles to one another, As in
the previous case, the vortices are assumed to originate at the
0.8-semispan—wing trailing-edge points despite the fact that the spen
loading is not elliptic, The circulation assigned to each vortex is
esgsentiglly that which, when taken in conjunction with the assumed
vortex positlons, gives the normsl force acting on each wing pamnel.

When the missile is banked 45° with respect to the plame in
wvhich the angle of attack 1s varied, each panel of the cruciform wing
experiences both a change in an angle of atiack and a chenge in an
angle of yaw as the missile angle of atback increases. For plemar
wing systems which experience no rolling-moment variation with angle
of yaw, 1t is sufficlent to determine the 1ift of each panel from the
angle of attack in the plane of symmetry for each component, the angle
of attack for each component of the cruciform wing being equal to
tenr (ten o sin 45°). Triangulsr wings, however, experience a large
rolling-moment variation with angle of yaw so that the leading panel
of a plensr wing carries more 1lift than the trailling pamel, For the
cruciform arrengement of present interest, it is evident, thsrefore,
that the two lower panels will carry a greater 1ift then the two upper
panels when the model is banked 45° with respect to the plane in which
the angle of attack varies. It is necessary, therefore, in determin-—
ing the 1nduced flow field to assign the appropriately greater cir—
culation to the two vortices originasting on the lower wing pamels.and
a lesser circulation strength to the vortices trailing from the two
upper wing panels. The division of load to the leeding and trailing
panels can be determined, ignoring higher—order wing—interaction
effects (reference 25), by applying the linearized theory of yawed
lifting triangles at supersonic speeds (reference 26). Figure 10
presents the panel normal forces determined by integrating the losai—
ing given by linearized theory (reference 26) over the leading panel
end the tralllng panel separsately of an isolated trisngular wing. On
this same figure are plotted the experimentally determined panel
loadings based on the area of the panel, It will be noted that there
is ressonsgbly good sgreement between the theoretical and experimental
results and that at an angle of attack of 20° the leading panel carries
approximately 30 percent more 1ift them it does at zero angle of yaw,
and ‘the trailing panel 30 percent less 1ift. The vortex strength

<.
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assigned to the two lower and to the two upper vortices was based,
therefore, on the equivalent division of the expsrimentally deter—
mined 1lift for the cruciform wing in the presence of the body. In
enalyzing the induced flow fleld, the assignment of proper strengths
to the upper and lower vortex palrs was fourd to have a significant
influence on the estimated pltching moments due to the tail. Ths
1ift of each wing panel and its associated downwash field was
replaced by a horseshoe vortex (one for each panel). Since the 1ifts
carried by diametrically opposed panels of the cruciform wing are
unequal, the replacement of each wing panel by a vortex filsment
leaves some net vorticity at the wing root. However, when the net
vorticity between the remaining two panels is examined, it is foumd
that this vorticity is of equal but opposite strength which results
in a cancellation of the vorticity et the wing root. This cancel—
lation, therefore, leaves only the four vortices originating at the
0.8 semispan points trailing behind the cruciform wing.

The results of the cslculations based on the foregoing consider—
ations are compared with the experimentally determined pitching
moments in figure 11, It will be noted that there is reasonsbly good

, agreement between the analytical pitching moments and the experimental
values, although the calculated pitching moments contributed by the
tail are somewhat in error at angles of attack from 10° to 14°. It is
interesting to note that the shapes of the experimental and theoret—
ical pitching-moment curves agree well, The nearly discontinuous
change in pitching moment with angle of attack, shown to occur at 13°
angle of attack by the experimental data, is also given by the dashsd
curve. This point (in the analysis) was found to correspond to the
sngle of attack for which the horizontel component of the cruciform
tall lies in & plane passing through the centers of the two vortices
discharged from the lower wing panels. The reader is agaln referred
to the appendix for more detailed comsideration of a calculation of
the tail pltching moment. .

- It was realized that the arrangement of the four vortices used
in calculating the induced f£low field did not include considerations
of the mutual interaction of the four vortices on their disposition
relative to one anpther and to the tail, Water—tank experiments which
permit the visualization of the flow field behind cruciform wings
have shown that the mutual interaction of four vortices significantly
distorts the vortex pattern and that the vortices do not trail in the
stream direction from thelr point of origln as was essumed., The
deviation of the vortices from the assumed positions, of course,
depends on the vortex strength and the relative distances between
vortices. For low-aspect-—ratio cruciform 1ifting surfaces, the dis—
tortion may be very large.® The magnitude of the distortlon may be

1The discussion here is based on work, as yet u:npublished, by Spreiter
and Sacks of the Ames Lgboratory.
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calculated by considering the lateral end vertical velocities induced
at the center of one vortex by the action of the other three and by
integrating to determine the drift of the vortex center as the flow
plane, traveling at stream veloclty, proceeds downstream from the
wing trailing edge. ZEssentially such a calculation was performed in
the present case for the vortices originating on the two lower wing
panels only, since these two vortices contribute the major portion of
the induced Fflow velocities. The result obtalned shows that at the
tail station the distance between the two lower vortices at 13° angle
of attack is 8.5 percent greater than when the vortices are assumed
to originate at the 0.8 wing semispan points and to lie in the stream
direction. For the purpose of computing the pitching moments, the
lateral drift of the two lower vortices was corrected by essuming
that the vortices remained fixed as originally assumed, that is,
originating at 0.8 semlspan and lying in the stream direction, and
that the tail span reduced in size with angle of attack in the proper
masnner as to sdjust for the lateral drift of the vortices, The
result of the calculation also is shown in Pigure 11 (by the solid
curve) together with the experimental resulte and the previous cal—
culation which dld not consider the lateral drift of the vortices.

It will be noted when the lateral motion of the two lower vortices is
taken into account, good agreement between the experimental data and
the calculated results is found.

It should be emphsasized that in the present calculations the two
sources of error noted previcusly, neamely, (1) the fact that the
influence of the cylindrical body of the missile in contributing to
the distortion of the vortex arrangement was disregarded and (2) the
incomplete consideration of the effects of the mmtusal interaction of
the vortices in producing distortion of their space arrangement, may
be of much greater significance for other missile airframes, partic—
nlarly those with canard cruciform surfaces.

In eddition, no correction to the position of the vortices was
made to account for the lateral shift of the center of pressure of
the planar components of the banked cruciform wing, due to the com—
bined effective angle of attack and angle of yaw. It appears, however,
that the missile body in the present case tends to ceuse each panel to
act independently so that the load distribution over each panel is
essentially semi—ellipticael though the net load on the lower panels is
grester than on the upper panels.

CONCLUDING REMARKS

In previous sections, 1t has been shown that methods of enalysis
are available which will permit for the missile investigated a close

A s
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estimate of the serodynamic characteristics of the wing—-body conbina—
tion, tall-body combination, and complete missile configuration Includ—
ing major interference phenomena, The nonlinear pitching-moment charac—
teristics which have long been associated with cruciform wing and tall
arrengements are shown to be assoclabted primarily with complex wing—
tall interference phenomena which are amensble to calculation.

The results indicate that further resesrch is necessary to improve
the accuracy of the calculation of wing-body interference and of the
induced flow field behind cruciform wing-body combinations., In partic—
ular, the following items need investigation:

1. The influence of the cylindrical body on the distortion of the
vortex sheet discharged from the wing trailing edge

2. The mutusl interaction of the vortex sheets dlscharged from
each component of the cruciform wing

. Wing-body interference for cases to which slender wing-body
theory does not apply

. The effects of wing plan form on the distribution of vorticity
discharged into the wake of cruciform wings

. The aerodynamic influence of the elastic deformation of the
alrframe

J e Ww

Ames Aeronsutical Laboratory,
National Advisory Commlittee for Aeronsmtics,
Moffett Field, Calif.
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APPENDIX

CATCULATIONS OF WING—TATI, TNTERFERENCE

Four steps are involved in the calculation of the wing~taill inter—
ference:

1. Determination of both the position of the vortices in the
vertical plane at the tall and the magnitude of the circula—
tlon for each vortex

2. Determination of the local induced flow angle perpendicular
to the planar components of the cruciform tail

3. Determination of the effective tall downwash angle

k., Determination of the pitching moment supplied by the tall

The first step, item 1, has been previously discussed in the text
of the report; the remainder of the appendix, therefore, will be devoted
to the other three steps.

Determination of the Local Induced Flow Angle Perpendicular
to the Plansr Components of the Crueiform Tall

In the interest of brevity, the analysis of the pitching moment
contributed by the tail in the wing downwesh field is confined to. two
cases, The details of the procedures used may have to he modified for
other angles of bank and taill orientation. The two problems considered
are the followlng:

1. The missile at zero angle of bank and the tall in line with
the wing

2. The missile banked 45° and the tall interdigitated (tail
rotated 459 with respect to the wing)

Misslle at zero angle of bank and tail in line with the wing.—
The necessary geometric relationships involved in the determination of
the local downwash angles at the tail for this condition are shown in
figure 7. Assuming that the tail position is sufficiently far removed
from the wing so that the trailing vortices may be considered to be
essentially line vortices extending to infinity in either direction,

the induced velocity resulting from the clrculation about each vortex
1s from the Biot—Savart Law

I's
Vi ~§1F1- and Vz_—ﬁz- ’ (Al)




2k . QRN S eemare ' NACA RM A51J19

Only the component of these induced velocitles perpendicular to the
tail surface contributes to the change in taill load, in this case;
therefore, only the vertical component of the induced veloclty is sig—
nificant and is given by

: 1, sin a™ 1, sin o
w = vy cos | tam -————) + vz cos (| tap™ —me— (a2)
8! -5y s' +y

The local downwash angle is

_w V1 (s'—3) v2 (s'+y)
€YY o OV 1 D - (43)

where 11t 1is the distance from the wing trailing edge to the center of

the tall root chord. (To be precise, the length 1t should be the dis-—
tance from the wing tralling edge to the center of pressure of chordwise
strips of the tail and a function of y. To gimplify the analysis, how—
ever, this distance was spproximated as a constant value.)

By means of the Kutta—Joukowski Theorem, the strength of the vor-
tices may be related to the 1lift of the wing-body combination as

n, & 67 5
fuf= [rele —¥8 - (ah)
pves!? pves!

Substituting equations (A4) and (Al) into equation (A3), the local
downwash angle becomes

CN a Sy
¢ = owB <§'—v+_s' + ¥ (85)

Ong !t 1‘12 r22 .
where -
r distance from the center of the vortex to the chordwise strip of

‘ the tall

.2 (14 sin @)2 + (8! — y)2
ro2 . (ly sin a)2 + (8! + y)2 -
Sy exposed ares of two wing panels,
o angle of attack

ot i
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Cx. -experimental value for the slope of the normal-force curve for
OWB the wing-body combination with the body normal force in poten—
tial flow subtracted (based on the exposed area of two wing
panels )

BEquation (A5) defines the spanwise variation of the downwash angle at
the tall location.

Migeile gt U450 le of b all interdigitated.— When the
components of the cruciform wing of the missile are banked at 45° with
respect to the plane in whick the angle of attack is varied, the local
downwash aengle at the tall may be determined analytically in the sams
manner as was used for the case of the tail in line and the missile at
zero bank, angle, The geometric relationships involved are somewhat
more complex, however, because of the presence of four vortices in the
flow field. A sketch of the geometric arrangement of the tail and 'bhe
vortices discharged by the wing is shown in figure 9.

Again, the strength of each vortex can be related to the normal
force on the four panels composing the cruciform wing by means of the
Kotta—Joukowski Theorem. The strength of edch vortex is

1
oMy on, & pv=) Sy (6)
o - pVs? pVs?

where n = 1, 2, 3, 4 refers to each wing panel and to the tip vortices
trailing behind each panel; Ny 1s the normal force on each panel; and
CN, ,is the normal-force coefficient on each panel. '

From the geametric relations shown in figure 9, the spanwise vari—
ation of the downwash angie at the tail location induced by vortices
1l and 2 1is :

Iy (s' cos @ —y)
21V (1t sin o — st sin @ )2 + (8! cos @~ y)Z

€1 =

(A7)

. P (gt cos @ + ¥)
2 T oxv IZ-[-, sin o + 8! sin ©)2 + (sf cos @ + y)2

Substituting for I} and I, <from equation (A6), the spanwise varia—
tion of the downwash engle due to the induced velocity field from
vortices 1 and 2 is
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CNl Sy (8t cos @ —y) .

- - - +
bnst{( 1y sin o — 8! sing)2 + (8! cos @ —y)2 ]

CN2 Sy (s* cos @ + ¥)

— . (A8)
s (24 sin o + st sin Q)2 + (s? cos @ + y)2 ]

where Cy, and CN, are the normal-—force coefficients on panels 1 and
2 based upon the exposed area of two wing panels. These coeffliclients
were obtained by dividing the experimentally determined normal force
for the cruciform wing and body combination (figs., 3 and U4) proportion—
ally to the 1ift on the leading panel and +trailing panels of the banked
cruciform wing as shown in figure 10. This procedure was discussed 1in
the text of the report.

From symmetry, of course, the local induced downwash angle dus to
vortices 3 and U4 may be determined by simply substituting —y for y
in equation (a8).

Determination of the Effective Downwash Angle gt Tail

Before dlscussing the calculation of the effective downwash amgle
in the present case, it is perhaps desireble to discuss the various -
methods avallsble for estimating tail loads in nommiform flow filelds.
A nunber of theoretical analyses for determining the losding of plansar
wings in nonuniform flow fields are avallable, ranging from mddified -
strlip theories to solutions exsct within the limitations of the line-
arized theory. The méthods fall into certain categories determined by
the relationship of the sweep of the Mach lines to the sweep of elements
of the wings as follows: o : ' -z

1. Wings lying near the center of the Mach cone (slender wing and
wing-body theories)
2. Wings with subsonic leading edges (application of reversed
flow theorems)
3. Wings with supersonic edges e : : : e e

Wings lying near the center of the Mach come.— In this category,
several new theoretical treatments are available, In particuler, in a

recent article in the Journel of the Asronsutical Sclences (ref—
erence 27), Morikawa and Puckett arrived at the solution for the spa.n—
wise 1lift influence function for two chordwise strips of infinitesimal
width, at small angles of attack, and symmetrically disposed on each
side of the wvertical center plane. The result obtained shows the 1lift

CONFEPENTTAN .-
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assoclated with the strips to vary with the spanwise position of the
strips in the seame manner as the spanwise loading for the slender wing
or slender wing-body combination at angle of attack. Similar work by
Adems (reference 28) for slender wings gives results which may be
applied to calculations for asymmetric flow fields.

Further work of great usefulness in this category has been done by
Lomax and Byrd (reference 29) for the case of slender wings and slender
wing-body combinations in the presence of distributed vortex sheets as
well as discrete vortices. The results are given in closed form,

Sufficient theory exists, therefore, to permit the caleculation of
tail loads for tall plan forms lying well within the Mach come.

Wings with subsonic edges.— No exact solutions have been published
in this category. Approximste solutions exist in the form of strip
theories (references 9 amd 30), and exact solutions can be obtained in
cases where there 1s no interaction between leading edges. However, it

has been pointed ocut by several investigators that exact solutions for
the load associated with an inclined chordwise strip of a triangular
wing can be deduced by applying ths reversed-flow theorems of references
31, 32, 33, and 3%, The resulting theorem is as follows:

The influence of the deflection of a chordwise strip of a
wing on the loading of the wing is equivalent to the influ—
ence exerted on the loading of ths strip as the result of
placing the entire wing at the same angle of attack in
reversed flow.

The result is, therefore, that the spanwise influence fumction, as
defined by Alden and Schindel in reference 35, is identical to the span
load distribution of the triangular wing in reversed flow. It appears,
therefore, that exact solutions for wings in nonuniform Flows can be
obtained when reversed flow theorems are applied.

Wings with supersonic edges.— Considersble informstion exists for
wings swept ehead of the Mach line (references 35 and 36), Exact
solutions are avallsble in most cases and both spanwise and chordwlse
streem nonuniformities may be treated.

In the present report the method of reference 36 was applied to
the calculation of the tail loading to determine the effective downwash
angle at the tall since the tail leading edges are sonic., The effective
downwesh engle at the tall was calculsted as

nE%
et = 2 Cr(l- L e & : : (89)
51;\/0 T By v

<l
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By substitution of the expression for the spanwise variation of -
the downwash angle at the tail location given by equations (45) and
(48), the effective downwash angles for the two cases comsidered become

For BWIg, @ = O°:
CN a S

(' =¥)
En's' St{/ cr(l"'—' |:(?,t sin a)2+ (8! -y)2
(s +¥) ‘ : : :
(14 sin a)2 -+ (8! + y)2 }d.y} - : ({\10)

For BWI, 5, ¢ = 45°:

ms'Sy | Jy (14 sin o — s? sinCP)2 + (s' cos P— y)2

(1t sin o + s' sin (P)2+(s' cos @ + y)2

CN (8* cos @ + ) }dy} o | (m)

The above equations may be evaluated analytically to obtain closed
expressions for the effective downwash angles at the tail locabion.
The final expressions are somewhat cumbersome, however, and for this
reason have not been included. '

Determination of the Pltching Moment Supplied by the Tail

Utilizing the effective downwash engles previously calculated, the
. contribution of the tail and the portion of the body adJjacent to the
. tail to the pitching moment of the complete configuration can be
‘obtained from the experimental a.nd/or theoretical plichirg-moment curves
'for _the +teil-body combination and the 'body—e.lone results (figs 5 and 3,
reapec'bively), :

cmt cmm-n f(a.—e y o (A12)

" 'l‘ha pitching moment: for the complete configuration ma.y be o‘bta.ined 'by
add.ing the contribution of the tail, as obtained in each case by the
procedure indica.ted in equa'bion (A12), to the eppropriate experimental
.or theoretical values of the pitching mament for the wing-—body conbina—
tion given in Pigure k. .
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In the foregoing enalysis, experimental data for the asrodynamic
forces and moments upon the isolated componente of the missile were
used in order to suppress, insofar as possible, redundant errors that
might appear due to discrepancies between theoretical calculations of
these forces and moments and experiment. It should be pointed out that
the use of these experimental dsta does not detract from the generality
of the analysis, since the results contalned in ths body of the report
show that the longlitudinal stabllity characteristics of the isolated
components of the present model can be predicted with reasoneble accu— '
racy. A comparison of the measured longitudinal stability character—
istics of the complete configurstion and the calculations for the two
configurations considered (shown in figs. 8 and 11) appear to confirm
the appropristeness of the sssumption that the vortices behind the
cruciform wing are completely rolled up at the tail location.
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TABLE I.— MODEL DIMENSIONAL DATA

Body -

Over—all length, Inches ., . ¢ ¢ « ¢ v « ¢ o ¢ s « « o ¢ o o o
Distance from nose tip to:
End of ogival nose section (beginning of constant
section), inches . . . . . . e s e e e s e
leading edge of msin fin (intersection wi'bh body), inches .
' Trealling edge of main fin, Inches . . . . ¢« ¢« &+ ¢ v & & .
Leading edge of tall fin (intersection with body), inches. .
Treiling edge of tall fin, inches . . . . « . & .
. Center of gravity position, inches . . . . . « « . . .
Diasmeter of constant section, inches . . . . . . . .

Fins i : Main

Thickness (percent local chord), percemt . . . . . 2.90
Location of meximm thickness (percent

chord), percent . . . « ¢« « o + o + o » » . . 62,01
Over—all span, inches . . . + « « v o » « « » » . 16,68
Root chord (theoretical at body center -

1ine), INCHSS . v v v o = ¢ o ¢ o = = o « o « D5
Tipchord . . &« ¢ o ¢ o » & o & « e s o s . « 0,00
Chord at fin-body intersection, inches e e . . . 11,31
Hinge-line body station, inches .. .. . . . . 27.93
Theoretical vertex angle at body center

lline, degrees e o o o 2 e o s e s s s » » s s 30,0

Gross area, two fins, inches squared . . . . . 120.53
Mesn serodynsmic chord of gross area, inches. . . 9.63
Exposed area, two fins, inches squared . . . . . T3.87
Mean amerodynamic chord of exposed srea, inches . ,T.5L
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TABLE II.— CHARACTERISTICS OF VABIOU’S

CONFIGURATIONS

(a) Body Alone

3 o
(deg) °w Cm (deg) | °N Cm

.0 -0.0376 -0.0175 10.1 | 0.0930 | 0,0841
2.0 | =-.0169 | - oi3l+ 12,2 | .1222| .lohh
0 ,0001 | —, 0031 1k.2 | .1587| .1=222
2.0 .0151 .0088 16.3 | .1962 | .1560
Lo .0291 { .0300 18.3| .2k70| .1771
6.1 LOlkg .0546 20.4% 1 .3351| .1875
8.1 06Tk L0679 22,5 | 4637 | .1457



R P AR

P =11.25° ¢ =22,5° ¢= 33.75° p = b5°
f-.a' 0 “CL Y [0 n ;-u' . n_ n ._a' . n m , o n n
{deg) “m (deg) ~R ."m [ldeg) e . ] *m | (deg) “N “m (deg) “N “m
=11, 3 ~0,2803 [-11,3 {~0.8354[~0.2735 |-11.3{~0.8553 |0.2550| -9.1]-0.6835|-0.2423 |-11.3 |0.8542 }0.2697
-9.1 =210l | 9,11 —6703] 2199 | 9.1} ~.6809 | —.2031| —1.0} ~.5063] =189 | ~9,1 | «.6035 | —.2102
-1.0 -1558 | 7.0 | ~.5023 | 1675 | ~7.0} —50TL | ~.1536] —4.8] —.3364k| —,1268 | =7.0 [|=5123 |- 15
-4.8 —1085 | —4.8|—3385| —11h2 | 4.8]-345 |- 102k] 2.6~ 1734 | —0690 | 4.8 [-3350 | =101
~2.6 ~ 0391 | 2.6 —-.173{8) —.0825 | -2.6{-.1770 | -.054%2| —0.4 | —.0299 | —, 0087 | 2.6 |—.1688 |-.0520
-l -.0053 | —~b4]| 0240 =00T6 | —.% —.oig% -, 0061 .i.e L1481 . —_"1 —.oag;‘ —. 0073
€.3 . e.2| .lk5| 0577 | 2.2( =1 0595 k5] 3| J12o2 | 2.2 .15 | L0707
L5 ?3;2 b5l .l o1y okl J3e3k| .1008] 6,71 .hoi6) 1856 | L6 L3173} 1217
1 6.6 k3L | o6.7| .5016| .16k ) 6.6 .5032 | L1584 8,8] .6689) .2338 | 6.7| .4988 [ .1TR7
8.8 1856 | 8.8 .6732| .2100 | 8.8]| .6m9| .2153] 1.0 .81} .29k7 | B.8) 6748 .2338
11,0 2676 | 11,0 .84e5] o590 | 21,0 .Bhe1| ,2670) 13,2| 1.om0f .3W2 | 11.0] 8463 .27&
13.1 .3033 | 13.2 | L.oub5] L2979 | 13.2{1.0057| .3066] 15.41 1L.1849] .3975 | 13.2 | 1.0209 | .32
15.3 .3485 | 15,4 [ 11706 .36%7 | 15.3] 1.1683 | .3606| 17.5] 1.3557| .hhée | 15.4|1.1876 | .3746
17.5 .3906 | 17.5)1.3330] .B68 |17.5{1.3378| .%095| 19.7] 1.5475| .50e0  17.5[1.3730 | .hKR16
19.6 219 | 19.6] 1.h832] 4608 ) 19.7| 1.k985 | umel-——|--—=] —-—~[-19.7]1.560 [ 4843
2l.7 Jel | 21,8)1.6523] L5109 [e1.8{1.6620| SMQ— -} ~——} ——m—f———|—mm— | ——
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TABLE II.~- CONTINUED

9t

(¢) Tall Plus Body

p =0° ¢ =1.25° ¢ =22.5° ¢ =33.7° @ = 45°
(o) v | On [(aeg)| % | On | (asg)| Ow On |(asg)] %x | m  f(dog)] O | Gm
—5.8 {-0,4055( 0,969 | 9.8 |-0.4088 | ~0.991| ~9.9 |-0.k192 | 1.005 {9.8 }-0.%187 | 0.98%9 |9.8 |-0.418 § 1.002
-7.8| —3250| .789|-7.8 | —.3288 | —803|-7.8 |-.3306 | .816 |-7.8 | ~3331 | .98 |-7.8 | —3317| .811
5.8 | —2L37| .588] 5.8 | —.2k56 | <507 -5.8 | —.2k68 | .613 |-5.8 | —2k87 | .595 [-5.8 | —.2k80] .609

-3.8 | —~.1630] .384|-3.8 | —.163% | —.301|{ -3.8 | ~1639 [ .405 |-3.8 [ -.265T | .390 {-3.8 :_155u -395

-1.8 | —.0809| .179{-L.8 | —0802 | ~.183| 1.8 | 0810 |. .188 [-1.8 | —.0830 | .179 [-1.8 | —~.08L7{ .179
-3 | =0175| .0e3| —3 | —-0160| —027| —3 |=0163 | .029| —3 | -0176| .021| -3 | —0185| .oce1 Ly
.3 | .om9[-o022{ .3] .omof ~025( .3 | .0120}—028| .5 om0} —0k5{ 5| .o110}—-.039
1.8 .oth9| —180{ 1.8 | .03 —~1@| 1.8 | o771 | =187 1.8 ot | =177 1.8 | .ol -.181
3.8 .1571| —398| 3.8 .1598| — 3.8 | .61 | b0 3.8 | .158R | —.399| 3.8 | .1596| —.ko1
5.8 .2399) —.606} 5.8 ] .2kl 611] 5.8 1 .ekhd | 619 | 5.8 2411 | - 608} 5,8 | .oh15].-.611
7.8 .3193 —795]| 7.8} .3237| -.805| 7.8 | .3265| -811| 7.8 3236 | —80k| 7.8 | .3260| .81k
9.9 .3995( —.970| 9.8} .) —~989| 9.8 1 .bom3|-98 | 9.8 . —997} 9.8 | e la.003
11.9 | J4803|-1.134 | 11.9§ .AM89L [-1.15%| 1L.9 j .hg22 |1.163 1.9 | A% [-L.A7h1l.7 | Lho2k[1.173
13.9 | .5631|-1.283}13.9 | .5718|-1,303| 13.9 | .5784 |-1.322 [ 13.9 5833 [-1.3%2 | 13,9 | .579612.343 p
19.9 | 65051 k22l 15.9 } .6555 |-L.437] 15.9' | L6661 |1.4T0 | 15.9 | L6789 )-A.511|15.9 | L6737 1=1.515
18.0 | .7356|a.5321 7.9 | .72 |-1.559| 17.9 | .7960 [-.597 [17.9 | .T707 {—.647|17.9 | .7738La.660
20.0 | .8410|-1.623(20.0 } .3533 [-1l.647) 20.0 | .8672 |-1.679 | 20.0 | .B8722 |-1.707|20.0/| .885Li1.752
“<TNACA
Wy
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TABLE II - CONTINUED

(4) Complete Configurations

6TLTSGY WE VOVN

=

"H-I-o
¢ =09 ? = 11.25° ¢ =22.5° P = 33.75°
a o [+ 7] [+ [+ 4
(tog)] | % |@em)| | B faem)| T [ aeg)| W | “m | (aeg)
—11.4]-1.1153] 0.5921 |~11.3 |-1.0987| 0.5603|-L1.3|~L,0934}0.5247 |[-11.3[~L.0935 [0.4620 | -11.2
—9.3{ —-.9020] .4393| -9.2 ~8m8| .kiso0| —9.2| 8815} .3990 | —9.1| —.8666| .3337| 9.1
~1.2| —.6742] .2884 | 7.1 | —.6614} .2783| -7.1| —6681| .2738 | —7.0f —. 652k .2186| 6.9
5.0| —u561) 1634 | 4.9 [ — ko] _16p0| —4.9[ —2k89| 2570 | L.8] —.%363] 1238 1.8
2,71 —2348 .0651 2.6 | —2285 _057u ~2.6] —2321| .067h | —2.6] ~.2337] .0557| 2.6
-4 —.0392] .0283 | -0.3 | —0152| .ooks| ~0.3] —.0Lk0| .0270 | -0.3| 0387 .0200| —.3
2.2| .17he| —o2k8 | 2.3 | .1894| _o376| 2.3| .186[-0236 | 2.3| .1650}-.0191| 2.3
4.5 .3967| —12k5 | 4.5 | 3957 —1150] W5 .36894[—-0987  %.5| .3765|-0838| k.5
6.7 .6163| —2u88 | 6.7 | .6137| —.22o4] 6.7| .6105[-2039 | 6.7| .S9MR|-17BE| 6.6
8.9| .8363| —.3945 | 8.9 | .8321| — 36h3| B.9] .82kB|-.3223 | B.9| .B0GB|-2816| 8.8
11.0f 1.0651| ~.5578 | 11.0 | 1,0616| —.®156] 11.1 1.0503|~.4553 | 13.0| 1.0283 3978 | 1L.0
13.1| 1.3001| —.7183 | 13.2 | 1.27T98] —6559| 13.2| 1.2656{—.586L | 13.1| 1.2487|-5186| 13.1
15.2| 1.504%| —.8523 | 15.3 | 1.4732] —7718] 15.3| L4865\ Tk | 15.3| L.hugo|-.E213| 15.2
17.3| 1.6877| —.960% | 17.k | 1.6938] —.9052| 1T7.5| L.6TTL|—T691 | L17.4 1.6499|— 7005 | 17.3
19.%5| 1.9088}—.0981 | 19.5 | 1.8834|-L.0082| 19.6 18550—-.8250 18,1| 1.7282}-.T305] 19.4
21,6] 2,1347)L. 92 |-—~ | ===} ———|~—~— e | ==~ =—=—] 21,6

R
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TABLE IT.— CONCLUDED

(4) Comcluded
RET 45
@ = 0° 9 = 11,25° ¢ = 22.5° Tg=33.75° @ = b5°
- a - [+ [ &£
{deg) o ‘o (deg) o On {deg) X On (deg) e e (deg) o Cn
—11.3]-1.0939 | 0.5341 [-11.3 {-1.0828 [ 0.5115 | —l1.b [-L.OkT7 [0.37T45 | ~11.k |-1.0047 }0.1338 |~il.h [-0.572F |0.0440
9.2 —.8%0( s | 9.2 | ~8746 | M09 | 5,2 | —.8612 | .3430| 9.2 | —.&65 | 2018 | 9.2 | —8173 | .1712
—1.0| —.6779| ' .3314 | -1.0 | 6719 | .3349 | 1.0 | —.670 | .3086 | 7.0 | ~.6453 | 2260 | 1.0 | —.6502 | .2L85
=4, 8| — ATR4 | L2545 | 4.8 | —A0HG | L2507 | 4,8 | —hpRb | 248k | 4B | —.B5T6 | 2060 | 4.7 | =556 | 2265
~2.6| —,2561] .1643 } 2,5 | ~2MAT 1634 | 2,6 _ o6y | 1659 | 2.6 | 261k | L1521 | 2.5 | —2575 | .1u46T
-gg —-g{gg %g -0.2 —-g% 01%96 -0.3 -orrh - ~0.3 | —-0337 | .0299 | =0.3 | —.0373 | .03%:1
3 . — 2,31 . - 2,3| .2036 |-1015| 2.3 | .1912 |~.0995 ] 2.3 | .z2029 |-.108
b6 .4392¢-.2258 | L5 | .4309 |-e214| K5 20 —2039 | k5 11»093 -1525 | L5 k202 |-2090
6.7 .64h7| 31k | 6.7 | .6350 [~.2966 1 6.7 6&6 -26ek | 6,7 | .6147 |-2326 | 6.6 | .6220 |—.2488
.89 .8 f-399% | 8.9 .8333|-35151 8.9 .8138 |-.2572°| 8.9 | .780e {—1602.] 8.9 | .7910[-1915
11.0] 1,0995| —.5122 | 11,1 | 1.033% |5k § 11,1 .9908 |-218% | 11.1 | .960L |-.0874 | 11.0 | .9%61 |-.0818
13.2] 1,2843 | —. 6538 | 13.2 | 1.2b07 | ~.5163 | 13,3 | 1.1978 J-.2821 | 13.3 |1.1456 |-.0715.{ 13.2 | 1.1353 .qie,
15.3] 1.4896 | —.8005 | 15.3 | 1.b146 | —.6205 | 15.% | 1.h0ks {8830 | 15.% |1.3729 |~.27621| 15.2 | 1.3887 |~2589
17.5¢ 1.6584 [ —,9386' | 17.5 | 1.6230 |~ 7389 [ 17,5 | 1.6198 [-.5658 | 17.5 [1.5956 [-.5067 | 17.3 | 1.6k0k |- 5070
=] == [~ === === |e==| === }~— | 182 [1.6805 [-587 ] 19.5 | 1.858 |-.6052
e | | me ] m == = ] ===~ | ===]=== === ] 21.5 | 2.1001 | . 8823
W
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Figure 2.- Model installation.
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